VOLUME I
AIRCRAFT PERFORMANCE

CHAPTER 10
HYPERSONIC AERODYNAMICS

APRIL 1987

USAF TEST PILOT SCHOOL
EDWARDS AFB CA

19970116 080

DISTRIBUTION STATEMENT A4

Approved for public release;
Distribution Unlimited




THIS DOCUMENT IS BEST
QUALITY AVAILABLE. THE COPY
FURNISHED TO DTIC CONTAINED
A SIGNIFICANT NUMBER OF
PAGES WHICH DO NOT
REPRODUCE LEGIBLY.



14  HYPERSONIC AERODYNAMICS Page
14.1 Introduction . . . e X 9

14.2 Mach Nunber bf;ects . .. e e e e s . . s 14,2
14.2.1 Basic Hypersonic Shock Relatlons e e e e e e .. 14.2

14.2.2 Mach Number Independence . « « « « « + + « . . . 14.5

14.2.3 Hypersonic Similariity . « « « « « ¢« « o . . . o 14.7
14.2.4 Newtonian Theory « « « o o« o o o o o « « o« « « « 14.11

14.3 Viscous Effects . « ¢ 4 o ¢+ ¢« ¢ ¢ v o o v o o s » « «» - 14.14
14.3.1 The Boundary Layer . « « « ¢« « « + « o + « « - » 14.14
14.3.2 Viscous Interaction . . . S R [
14.3.3 Computational Fluid Dynamlcs e s s s s s e e o . 14.19

14.4 High Temperature Effects . . . . . . . + ¢« ¢« « « + « o . 14.2]
14.4.1 Non-Perfect GasS. s « « o o« o o o o o o o o o o o 14.22
14.4.2 Temperature Prediction . . « « « « ¢« « « « » . « 14.24
14.4.2.1 Radiation. . . . D g 2

14.4.2.2 Catalytic wWall Effects e e+ e« . . 14.25

14.4.2.3 Turbulent Boundary Layer e v e e e . . 14.26

1+.4.2.4 Shock Interactions . « « « o o« « « o o 14.27

14.4.3 Temperature Control. . « « « « o o o o o o o o+ o 14.27
14.4.3.1 Body Shape . « « v &« o ¢ o o« o o « » o 14.27
14.4.3.2 Re-entry Profile . . . . . . . . . . . 14.29

BibliOgraphye + o o o o o o o o o o o o o o s o o o o » « o « « 14.30




14.1 INTRODUCTION

Earlier in supersonic aerodynamics, it was stated that a compressible,
nonviscous, thermally perfect fluid was adequate for analysis of problems
(outside of boundary layers) up to about Mach = 5.0. In this section we'll
deal with problems above M = 5.0, especially as they relate to re-entry
vehicles and hypersonic cruise vehicles.
As Mach changes from 4.99 to 5.01 nothing dramatic changes. Mach 5 is
just a convenient rule of thumb. Hypersonic flow is best defined as the
regime where certain physical flow phenomena become important. The actual
Mach number where these physical phenomena become significant will vary with
vehicle shape, Reynolds number, etc. These phenomena are:
a. Thin, curved shock layers (i.é. the region between the shock and
body) . ‘

b. Strong viscous effects throughout the shock layer.

c. Low density effects resulting in a non-zero velocity at the surface
(velocity slip). '

d. High energy causing the fluid to behave in a non-thermally perfect

manner.

when these phenomena become important, they significantly camplicate the
flow analysis problem. In addition to the normal problem of determining the
pressure pattern around a vehicle in order to get lift, drag and stability
derivatives, a new problem becomes important at hypersonic speeds: predicting
the heat input into the vehicle caused by the high energy in the flow. This
aspect is not a major concern at low Mach numbers but can be the daminant
concern at hyperscnic speeds (shooting stars make this obvious).

Therefore, this course is broken into two broad catagories: the
aerodynamics of high Mach number flows (pressure pattern, lift, drag) and
aerothermodynamics (temperature predictions, heat transfer). Further, the
aerodynamics of high Mach flows will be subdivided into two sections for
clarity. First, viscosity will be ignored to look at purely Mach number

effects and then the viscous terms will be included to show their effects at

low Reynolds numbers.




14.2 MACH NUMBER EFFECTS

s we saw in supersonic aerodynamics, the Mach number has a strong
influence on shock waves and the fluid parameter changes across the shock. A
hypersonic vehicle designed to achieve orbital velocities will transit &
region including Mach mmbers up to at least M = 25 (orbital velocity) ané the
very existence of these large Mach nurbers can have a dominant effect on the
flow. 1In this section the purely fluid dynamic effects of Mach number are
discussed without the added conplié:ations of viscosity or other real gas

effects.

14.2.1 Basic Hypersonic Shock Relations

1f we ignore viscosity and assume a thermally perfect gas we have the same
relations for fluid parameter changes across a shock that we developed in
Chapter 6, Supersonic Aerodynamics. However for large Mach mmbers, certain
simplifying assumptions became possible. ’

For example, equation 6.49 from supersonic aerodynamcs gives the‘
relationship between density behind an oblique shock and the upstream density:

(v+1) M,2sin?

5 = 2+ (Y-1)M,>sin%

If M >> 1 then M2 dominates so the 2 in the dencminator can be ignored and
then the M;2 sin2g terms cancel each other leaving:

LR
o T (14.1)

In similar fashion, the other basic relations across an ocblique hypersonic
shock wave reduce to

T 2Y (y=-1) .

—2 e -~ 2 2 4,

T, e M,? sin‘g (12.2)
and

P 21 M2 2

T_Z_ =TI M, sin‘g (14.3)
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Using the relationship between p: and pi can also give us a very simple
result for the coefficient of pressurc, Cp. Since CP is defined as

- 2 P:
c =3 E—&.—.—_El - ——— — l
p a1 ™;? P,

including the hypersonic approximation for p,/p, gives:

N

or with M; >> 1,

C = ——g_— sin?’e (14.4)

In addition, the relationship between the wave éngle @ and the wedge angle
§ is simplified. Fram Chapter 6 we had (equation 6.55),

M,2 sin%g - 1

tan § = 2 cot © M.7(y + cos26) T 2

This relationship was plotted in Figure 6.14. For small wedge angles the

change in wave angle gets smaller and smaller as Mach increases. Figure 14.1

is an illustration. Using small angle approximations:

sin @ = @
cos 26 = 1
tan § = §
cot 6 = E%Lﬁe = -%-
gives
6--2— M;? 9% -1
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if M; >> 1 then further

5 = .2 M2 82
g Me(y+ 1)
or
26
§ =~ (14.5)
M=15
M=2

ol
o]
n

10°

Figure 14.1 Shock Wave Angle at High Mach

Qualitatively speaking, then, the solution of hypersonic shock problems,
ignoring viscous and other effects, is much simpler than for supersonic flow
problems. As we'll see in the next sections, some calculations become

extremely simple and fortunately give reasonable results for a limited

category of real problems.
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14.2.2 Mach Nurber Independence

As we just saw in the preceding section, some relationships become
independent of Mach at hypersonic speeds. Examples are the density ratio
across an oblique shock (equation 14.1) and the coefficient of pressure for a
small wedge angle (equation 14.4).

Other relationships continue to depend on Mach number. Fraom equation 14.2
ana 14.3 it can be seen that the increase in pressure and temperature across
an oblique shock both tend to = as M+ ». If, however, we non-dimensionalize

e

pressure with dynamic freestream pressure,

E;z - _P2 _ P2 1

then equation 14.3 can be rewritten as

= . _1 2y

L _2Y y 2 sin2
P2 = ymz v+1™° s

or

2 .2 ‘
= == 8 .
Py 731 sin (14 6:)
which is also independent of Mach.

In general, non~-dimensional variables become independent of Mach at
hypersonic speeds. Examples of this can be seen in figures 14.2, 14.3, and
14.4. In each of these examples the non-dimensional parametmeter C._, L/Drnax’
or Cnb) all vary dramatically transonically and supersonically, but once
hypersonic speed is attained, the parameters no longer change with increasing
Mach.

The obvious utility of this is emphasized in the last example, figure
14.4. Prior to the first launch of the space shuttle no wind tunnel data was
available above M = 16 and very little above M = 8. While all parameters do

not conform to the predictions as well as this example, most were similar.
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Figure 14.2 Experimental Drag Measurements
(oCharters and Thomas (1945), X Hodges
(1957), + Stevens (1950))

MACH

Figure 14.3 Wind—Tunnel Results for (L/D)y,y for
an Integral Re—entry Body (Krogemann, 1973)
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Figure 14.4 Space Shuttle Data for Yawing
Moment due to Sideslip

14.2.3 Hypersonic Similarity
Similarity in aerodynamics refers +to identifying parameters or
carbinations of parameters that result in identical fluid flow changes at

different conditions. The advantage is obvious: you can do experimental
tests at one set of conditions and then predict the results at another set of
conditions. The criteria for hypersonic similarity can be derived
mathematically (see references 2 or 3), but the following discussion should
suffice to justify the use of similarity.

Consider a slender body in a hypersonic flow at a low angle of attack.

These limitations allow use of small perturbation assumptions.
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Figure 14.5 Slender Body in Hypersonic Flow

If we define the changes in velocity in the x and y directions as u' and
v', then at some point downstream of the shock, |
u=Ve +u'
v=vyv' *
Over a slender body the change in the x component of the velocity is very
small campared to the change in the y direction (O to v' is a large percentage
increase). Thus it can be seen as essentially a small deflection of the fluid

either up or down. With this picture,

But since u' is assumed small in camparison to V,, then
)

sin ——vee = sin §
r G ol

(o]
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or, if v'« V_

—2- = sin
Vo = $
or :
vl
i M, siné._
Thus, a measure of the disturbance referenced to the freestream speed of
sound is M sinb. If two different flow problems have the same disturbance

then they are similar and have like solutions. We can define this disturbance

indicator as the hypersonic similarity parameter, K.
K = M, sing (14.7)
In some texts K is defined as M, tv where t is the thickness ratio, d/g.

The thickness ratio for slender bodies is of the same order of magnitude as

sin§ and is equally good for stipulating hypersonic similarity.
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Figure 14.6 and 14.7 are examples of data at different conditions that ‘

have the same hypersonic similarity parameter. These examples show the

usefulness of hypersconic similarity within the small angle limitations.

820 - k = 0.1
280 ~
240 — k=1
N{ 200 -
o 160 .
120 - o <>
80 - O
40 0
0 l ] ]
10 20 30
cp/t% x 1072

Figure 14.6 - Analytically Derived Drag Polar Showing
Hypersonic Similarity (Ref 2:pg 50)
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PERCENT LENGTH

Figure 14.7 Pressure Ratios for Different Body
Shapes with Hypersonic Similarity
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14.2.4 Newtonian Theory
In 1687, Isaac Newton modeled fluid flow as a stream of particles that do

not interact with each other. This concept is essentially a totally inviscid
flow description, which gave very poor results when Newton tried to predict
17th century ship hull drag. His model, however, gives surprisingly good
results when applied to same hypersonic problems. Isaac was Jjust slightly
ahead of his time.

The basic assumption that Newton used was that as each streamline of
particles approached a body the streamline would be deflected to parallel the
surface. Essentially this means that there will be a complete loss of normal
momentum and no change in the tangential camponent of the maomentum. Figure
14.8 shows this for a flat plate at same angle of attack. Here V2 =Vi =V,

t t
and V2rl = 0.

-‘/ .
a

j\ /
v N /i AN
¢ \/ I%

Figure 14.8 Newtom‘ah Flow Over a Flat Plate

From Newton's second law, the time rate of change of momentum is equal to

the force

The only change in V is the total loss of the normal component of the

momentum.  Thus the force is normal to the surface with magnitude :
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(v, -0

F =m ==—=-g——-

At

For the flat plate in figure 14.8, this can be rewritten as

— _m :
P = T Vl sina

The mass flow rate incident on a flat plate of area A is

He

=P, V A sina
Therefore
F=1{ V Asina) V sina
1 1 1

Realizing that ¥/A is just P, pl, we can rewrite this as
F/A=p2 -p =pV 2sin?
1 1

Finally, since the coefficient of pressure Cp, is just the static pressure

change divided by the dynamic pressure, we get to Newtcn's result:
c, =2 sin®a - (14.5)

From this simple result we can quickly derive relationships for CL' CD’

and L/D:
. CL = Cp cose = 2 sina cosa
C.=C_ sin =2 sinaa
D P
and
L/D=C, /C. = —i.
LD tana

While all of these answers gave poor results for 17th century sailing
ships, figures 14.9Y and 14.10 show good results when applied to some

hypersonic problems.
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Figure 14.9. Pressure Distribution on a Circular
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Figure 14.10 Lift—to—Drag Ratio for the
Space Shuttle




Notice that the non-dimensional L/D ratio, CL’ and CD do not change with
Mach, in concert with the previous discussion of Mach number independence.
Newtonian theory's true physical significance can be seen by examining the

exact oblique shock relationship for Cp in the following form (see Ref 4, page
10):

2
= m——— B = ——em .
C s1n m (14.9)

This exact (albeit inviscid) equation reduces to Newton's equation (14.8)

wheny + 1 and M, sc-

14.3 VISQOUS EFFECTS

Viscous effects are ignored whenever possible. Including viscous terms
greatly complicates the mathematical description of aerodynamic phenomena. In
supersonic aercdynamics we ignored viscosity altogether, relegating it tc ¢
thin boundary larger which nad a relatively minor contribution to changes i1
lift and drag at supersonic Mach numbers. The major iaea that you should get

fram this section is that viscous effects cannot be so casually dealt with at

hypersonic speeds.

.14.3.1 The Boundary layer
The boundary layer is a mathematical simplification. Outside of same

distance to the body in a fluid flow we choose to ignore viscosity because it
simplifies the flow problem without causing serious errors in our results:
viscous effects are negligible. Inside the bouncary layer, however, viscous
effects must be included or our results will be significantly in error.

Figure 14.11 in an illustration.
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S(I) — BOUNDARY
yea LAYER
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}BO UNDARY LAYER

THIN FLAT PLATE

Figure 14.11 Boundary Layer

The main assumption that we made in supersonic aerodynamics was that the

$, was small cori:pared to the scale of thz body.

boundary layer thickness,
Hence ignoring it caused no serious errors. However, the thickness of the
boundary layer varies not only with distance as shown in figure 14.11 but also

with Mach and Reynolds numbers as :
8
« M
—- == (14.10)

Thus the combinations of lower Reynolds nunbers (high altitude flight)
and, especially, high Mach (thickness grows as the square of M») can produce
hypersonic boundary layers orders of magnitude thicker than boundary layers at
lower speeds.

There are, Yroadly speaking, two ways of dealing with this increased
importance of viscosity: use boundary layer concepts or analytically treat
tne entire flow es viscous. These are the subjects of the next two brief

secticons.
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14.3.2 Viscous Interaction

The thick boundary layers at hyperscnic spceis lead to a major irteraction
between the growth cf the boundary layer and the outer inviscid flow. A major
consequence of this interaction is the effect on the pressure distribution, as

shown in figure 14.12.

F/P.

1.0

Figure 14.12 Pressure Change Due to Viscous Inter—

action Over a Flat Plate et Zero Angle
of Attack

INDUCED PRESSURE CHANGE

WIfE INTERACTION

NO INTERACTION

T I 777 77 L2 L Ll L e LLLLLLL

\
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This increase in pressure over the no interaction case is due to a shock
wave created by the boundary layer turning and campressing the streamlines.
If the flat plate were at same angle of attack, the effect of the boundary
layer growth would be to increase the campression angle and hence the pressure
increase.

Initially, the growth of the boundary layer, 36§ /3x is large and thus the
effect on the pressure change is greatest. Thus the flcw can be divided into
a "strong interaction region" and a "weak interaction region" as shown in

figure 14.13. The effect is also evident in figure 14.12.

|
I
] Shock Wave
I

Inviscid flow ’
affected Inviscid flow |
e l weakly affected

1
\ B — ] Outer edge
/ -g /I‘—\ ,g_xs_smmer 8 I Qf b"L

Yo l é‘/m"' 2 Larger ,
I a Ll Ll LL L VOISO I I I IS
L i
- -
Strong Weak
Interaction Interaction

Figure 14.13 Strong and Weak Viscous Inieractions

A detailed analysis of the viscous interaction phencmena vroves that the

parameter X 1s the governing correlaticn parameter (ref. 3), where

_ 3 pou
X = ..;1;»_ ww (14.11)
e PoHy,
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Fram reference 3, for an insulated flat plate at zero angle of attack:

Strong Interaction: -g- = 0.514%" + 0.759 (14.12)
Weak Interaction: L. =1 +0.30X +0.005 (14.13)

[+3]
Experimental verification of these results is shown in Figure 14.14. The
departure from the strong interaction prediction at low values of (A X" is
due to shock separation at the leading edge of the non-zerc thickness "flat

plate" in the wind tunnel.

100 r
Strong viscous interaction
o0
°O
10 o°
QO
M:=20
P / F o . Weak viscous v
M=10 AAA interaction :
“ ®
1} Iy °
Mz5
0.1 . . ' : d
.01 0.1 1.0 10 100

(43)™
Figure 14.14 Pressure Distribution Induced on a
Flat Plate at Zero Incidence

The overall effect of viscous interaction on a hypersonic flight vehicle

is to increase the drag and hence reduce the lift-to-drag ratio.

14.3.3 Camputational Fluid Dynamics
The viscous interactions techniques of the previous section were developed
in the 1950's before the advent of modern camputational capability. They are

capable of providing relatively accurate predictions for a limited set of

14.18



problems based on an epproximate theory. Tne approximation lies in separate
calculaticns of flow characteristice in a viscous boundary layer and an outer
inviscid flow, and then a coupling of these separate calculations to take into
account the interaction between the two.

The aercdynamicist to calculate viscous effects exactly, simply by
treating the entire flow field between the body and shcck as fully viscous.
No arbitrary divieion between a viscous boundary layer and an inviscid flow
needs to be made. These methods are called camputational fluid dynamics
(CFD).

All CFD techniques are based on the Navier-Stokes eguations. The full

Navier-Stokes equations are:

Continuity equation %E +Ve(pV) =0
!
x momertum: pOh o _in 8 B by

y momentum: p—=—-———+ =4+ T, .2

Z momentum:. - p—=—— + =2 4 U 4 E

Energy:

Dle+V¥Y2) . &( 9 3. 9 é }
——————————— 3 — — — — — — - .
P> pd .ax(ka:)-i*ay(ka:)-Faz(ka:) Vepv

+ dury,) + a(ur,) + 9(ur,) + 8(vr,, + é(vr,)

ox oy 9z ox ay
+ a(vr,,) + 3v) + 3(wr,,) + 3v7a)
az ox oy 9z
ov  du\ ™
where 1'=1'=(—-'—) '
LR R PP
W o
T =T, = py— + —
oW A(Gy az)
ou  ow
T = 1T0=p|l— + —
l"(az ax)

du

Ta = A V) + —
) V-v) Znax
T = A(V'V) + 2“2
o dy

ow
1. = MV *V) + —
2 0z
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We used extremely simplified versions of these equations in supersonic
aerodynamics. With CFD fewer and fewer assumptions need tc be nade.

A trulv complete solution of the Navier-5tckes equaticrs, however, 1is
still beyond cur capability. The most camplete soluticne to cdele were done at
the Air Force Flight Dynamics Laboratory by J.S. Sheng and S.J. Schere (ref.
6). They analyzed the entire flow field around on X~24C--10D wind tunnsl model
at Mach 5.95, Re = 1.64X107/m, and ¢ = 6°. The only simplifications tc the
Navier-Stokes equations were that they assumed steacdy-siate conditicns so that
derivatives with respect to time went to zero ard they used avaraged Reynclds
nutbers. Even with these simplifications, after years of work with a large
camputer (a CRAY XMP-22) they were only able to get soluticns for one steady
state Mach number at one angle of attack. But at those conditions they got a
vast amount of data which correlated very well with the wind tunnel data they
had.

If you don't have the luxury of a CRAY computer ané years of time to
obtain data for a single flight condition, CFD is still useful if the
Navier-Stokes equations are simplified a little further. One common
simplification is called "parabolized Navier-Stokes™ (PMS) eguations. The
full set of equations is simplified by assuming steady-state conditions and
then dropping the viscous terms that involve derivatibes in the streamwise
direction. The result is a set of parabolic (hence “parabolized") partial
differential equations. These are much easier to solve with a camputer by
starting with an initial data plane and then using a downstream marching
procedure. Reference 7 gives more insight into the use and utility of PNS
solutions.

Other simplifications are commonly used with CFD and it is important to
know the assumptions made and limitations of a particular CFD solution. The
simplest codes are capable of very quick results, the major Gifficulties being
input of the vehicle surface matrix and extraction of data. With CFD you get
every parameter imaginable (P, T, 0, etc.) at every point in the flow.
Interpreting a roamful of computer printouts is difficult and flow
visualization with computer generated graphics accessing this vast data base

has received a lot of attention.
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14.4 HICHE TEMPERATURE EFFECTS

(871

Irn supersonic  aerodynamics vio Cevelogpx o reluncinciuvp oo toetol
tewmerntute Hesed on static temweracure and Mach, assuring o Jmernally persec .
cas. Il wAas:

& -0

T >

-

" (14.14)

s
r
-y

If thic holds true at hyperszonic speedc thea Lha slamariicn venderature on
the spacs sihwtitle at M = 25, 100,000 ft iz £1,125 °F! Ey wiy cf comparison,
the surface temperature of the sun ic less than 11,000 °F, Therefore, wz
hopefully conclude that equation 14.14 does not helé an hypevsonic gpeeds. X
say hopefully, because no current materials a:c capable c¢Z withstanding such
temperatures. Table 1 is a list of materials usec in aircrafi and spacecraft
construction and the maximum tempera-ure they cen withstand ancé still be

usable.

MATERIAL ™™ (°F)
ALUMINUM ~ 320
TITANIUM =)
INCO- 18 1300
RENE 41 1600
COLUMBIAN 2500
SHUTTLE TILE 2700

TARLE 1. MAXIMUM REUSABLE TEMPFRATURE FOR SEWFECTITD MATERIALS

The actual pezk temperatures reccrceC on the space thuttle werez under 2300
OF, thus equation 14.14 and the assumpticn cf & therizlly perfect gas
cbviously does not hold true at M = 25.




14.4.1 Non-Perfect Gas
The rezson that ecuation 14,14 doesn't hold is that at higher Mach, ana
hence hicher temperature, the periect dgas assurnticns break down. The two
main effects are:
a. vibraticn, dicsoniation, and ionization all absorb energy
reducing "z’.‘T, ana
b. The ratic of specific heats,y , decreases with increasing

temperature, appreacting 1 in the limit, also reducing TT.

For the firs: effect, as the gas temperature rises the force of impact
between individual molecules of air becomes greater and greater. At some
point during the increasing temperature, the force of individual impacts is
great enough to excite interral vibration of modes of the molecules, absorbing
some of the force (energy) of impact. Because of the normal distribution of
velocities in a gas, somx mclecules will be vibrationally excited at a lower
temperature, or velocity, than others. Figure 14.15 éhows on an altitude
velocity map where 10% and ¢0% of air will be vibrationally excited. As you
can see, even in an SR-71 flying at Mach 3 and 80,000 ft only about 10% of the
air is even vibrationally excited.

As we increase speed, the rising temperature begins to tear apart the
molecular bonds, first oxygen and then nitrogen, further absorbing energy.
Much later individual atcms colliding begin to knock off electrons. Air is
less than 10% ionized during the normal space shuttle reentry although same
ionization does occur acccunting for the communications black out they

experience during reentry.
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hi-: ¢ {ewcerauire increases, the nuiher of degrees cf freedom increace:
©ure velecules inir the gas. This causes vy to decrease as chown in Fiqure

Yo 260 hs decrease also has a mitigating effect on TT in equation 14.1<4.
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14.4.2 Temperature Precini i~

Given the previous e 7 e Froa v e thoo vl coild very accurately
pin down the temerztors ¢ o vz ooan’s witicico oot by iaking into aczount

the non-perfeczuecs of Lho Food Sheee gre, hevnvss, 2 few compliceting

- b \ . = P e gm e - N P P .
Factors. PFour of {hece are Yoo duoatlalan neTo.

14.4.2.1 Radiat.on

Even with the wollifyine wirecus pevicunly cescribel, hvearsonic vehicles
still become very not. Fc. Lnovance, the Apolic capsule reentering the
atmosphere after returnirg from lunay orbit wM = 32) had peak temperatures as
high as 11,60C °K, ncerly twice the surface temperzivre of the sun. With
temperatures in the fluid this high, radiaticn cannot be icnored as it becames

the daminant mechanizm for heat utransier.

-

The egueticn for radiative heat

transfer is:
¢ KT ' (14.15)

This deesn't seem too bad ﬁntil we realize that the emissivity coefficienc
e. is generally a function of {(emperzture alsc. For example, there are five
different types of thermal protection material on the space shuttle, all with
different emissivity ciefficients. Three of the five vary significantly with
temperature as shown in Figure 14.17 (ref. 9). The real impact of this is cn
your ability to predict the temperature. A small error in T can produce a

large error in ¢, wnich in turn will eflect T.
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Figure 14.17 Shuttle Tile Emissivity Coefficients

14.4.2.2 Catalytic Wall Effects
Another factor complicating the prediction of temperatures is that near

the surface, reccombination of dissociated molecules or ionized atoms can occur

at a higher rate than in the equilibrium flow. Since a lafge amount of energy
went into the dissociation or ionization, it follows that a large amount of
heat may be released by the fluid right next to the surface of our body. The
extent to which a particular surface acts as a catalyst for this process is

difficult to predict as can be seen in Figure 14.18. (ref. 10)
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Figure 14.18 Space Shuttle Lower Su:jace Heatmg

The surface temperature prediccion essumed a laiger catalytic effect than ‘

was experienced causing significantly lower temperatures as can be seen on
Figure 14.18 between about Mach 22 and Mach 8.

14.4.2.3 Turbulent Boundary Layer
Once the boundary layer transitions from laminar flow to turbulent the

effect of conductive heating from the gas to the surface will be significantly
enhanced. Predicting the point of transition iz very important to predicting
correct surface temperatures. Again, figure 14.18 shows that the transiticn
is difficult to predict. The actuzl temperature cn the lower surface made a
step increase about Mach 10 indicating that this is vhiere transition occurred
instead of about Mach 15 where it was predicted
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14.4.2.4 Shcck Interactions

The interactions of shock waves off of various pant: ¢ the vehiclers can
have very significant effects on localized heating valuer.

Two dramatic examples of this are the X 15 ¢nd the tpece rhetle.  The
¥X~15 was modified to the 'C' configuration late in the proc: &n allowine highern
Mech numbers. One purpose was to test a ramjet. On th: {irst flicht of ¢
dumy ramjet it melted off because of localized heatinc ¢ the sapport struc
cdue to shock impingement. .

The second example is the loss of several Orbital Mireu.iring Systen (OMS)
pod tiles on the early flights of the space shuttle. Excessive heating
occurred due to shock wave interactions, eventually recuiring & change to &

thicker tile in those areas.

14.4.3 Temperature Control

Although accurate prediction of surface tenpe:;'att‘:es of Thypersonic
vehicles is very difficult, the designer can control the tenperatures to same
" extent. Two ways are by proper choice of the body shapc and the choice of
reentry profile.

14.4.3.1 Body Shape
Even though real air is not a perfect gas (fortunately), the vibration,

dissociation, and ionization that make it non-perfect do not occur
instantanecusly. Thus if you quickly heat up air (say in a shock wave) then
the initial temperature will be very close to that predicted assuming a
perfect fluid. Later the fluid will cool, as first the collisions excite
vibration modes and later as dissociation begins. Figure 14.19 shows the

decreaase.
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In a moving fluid, the time axis in Figure 14.19 can ke trensposed into a
distance axis. That is, as the gas flows past the shock wave, scme distance
is required to allow the non-perfectness of the fluid to absorb some of the
temperature increase of the instantaneous shock wave. ccause of this, the
two bodies in Figure 14.20 will have very different surface temperatures at

the leading edge.
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Figure 14.19 Temperature Behind a Shock Wave
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Figure 14.20 Sharp— vs. Blunt--nosed Slender Bodies
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The sharp-nosed vehicle in Figure 14.20a will have surface temperatures at
If the Mach is high enough,
say orbital reentry spesd, the tip would soon melt and begin to look like
Figure 14.20b.

the tip approaching ihe perfect gas predictions.

2

The advantage of a blunt-nosed siender body 1s that the detached shockwave
allows the air to internsily ehsorb sone of the heat before the air reaches

the surface of the venicle,

14.4.3.2 Reentry Profile

For orbital reentry -wehicles,
available.

limits on an altitude-velocity map.

several cnoices of flight path are
Figure 14.21 shows the flight corridor bounded by lift and heat

At very high angles of attack, range (or crossrange) is sacrificed to
provide the minimun instantanscus temperature. This also allows you to expect
a large temperature on only cne area (e.g. the undecside of the shuttle during
a 40° angle of attesk reentry). On the cther hand, the shuttle's internal
structure may reach a hicher temperature due to longer exposure.

The peak temperature occurs just after landing.
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Figure 14.21 Flight Corridor
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